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A Multicriteria Optimisation Design of SPSE for Adaptive
LEOQO Satellites Missions Using the PSI Method

Sunday C. Ekpo' and Bamidele Adebisi’
Manchester Metropolitan University, Manchester, Greater Manchester, M1 5GD, United Kingdom
and

Danielle George®
The University of Manchester, Manchester, Greater Manchester, M60 10D, United Kingdom

The spacecraft power system engineering (SPSE) analysis for the radiation-prone space
environment is a major critical satellite engineering definition for realising successful
mission and post-mission capabilities. The dynamic operations and post-mission applications
of capability-based small satellites require an adaptive architecture(s) which exhibits an
enormous conceptual system engineering design task in terms of the trade space — which can
be too large to explore, study, analyse and qualify — for a reliable and sustainable mission.
This paper involves a multicriteria optimisation design of the SPSE subsystems for adaptive
LEO satellites missions using the parameter space investigation (PSI) method. A three-axis
stabilised 10-kg nanosatellite is considered for a meteorological spacecraft (METSAT)
mission at 800 km altitude. The initial case study SE parameters considered include the
required payload power and spacecraft power and mass contingencies. The PSI method
allows for a large-scale multicriteria optimisation of dynamic engineering systems. This was
implemented in the multicriteria optimisation and vector investigation (MOVI) software.
Specific power profiles for LEO satellites were used for the mathematical modelling of the
highly adaptive nanosatellite (HAN) system in LEO. In the multicriteria optimisation
process, 2765 design vectors entered the test table out of which 2762 formed the feasible
solutions set. The PSI was conservatively designed to yield 10 pareto optimal solutions; a
pareto optimal solution of 12.36 W for the payload subsystem yielded HAN mass and power
margins of 1.84 kg and 2.37 W respectively. From the analysis, the solar array capability was
found to deliver 24.23 W for the mission; this forms the beginning-of-life design point. The
actual on-orbit mass of the HAN system (with enhanced capabilities including post-mission
reuse) was found to be 9.2 kg as opposed to a conventional 10-kg nanosat implementation.
The findings serve to eliminate undue space-borne equipment oversizing and advance the
state-of-the-art in the conceptual design of future-generations spacecraft at the subsystem
and system levels. Adaptive space systems promise to enable capability-based, dynamic, cost-
effective, reliable, multifunctional, multipurpose and optimal-performing space systems with
recourse to post-mission re-applications. Furthermore, the PSI-MO results show that HASS
architectures can be extended to implement higher satellite generation missions with
economies of scale.

Nomenclature
B = Sun-orbit-plane angle, °
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Cr = contingency factor

E, = the energy production of the solar panel during an orbital period, J
Hat = altitude of the satellite, km

M = mass of a spacecraft, kg

Py = power consumption of the core bus module, W

Poargin = power margin or contingency for the spacecraft mission, W

P, = power consumption of the payload processing-overpower mode, W
Py = power consumption of the payload module, W

Py = power consumption of the power-storing mode, W

Py, = sunlit power generation of solar panels, W

Pr = total power consumption of the spacecraft in orbit, W

R = the radius ratio

Req = mean equatorial radius of the Earth, km

Raat = geocentric radius of the satellite, km

te = eclipse time of spacecraft, s

To = orbital period of the satellite, s

u = gravitational constant of the Earth, km3/s?

I. Introduction

HE increasing adoption and development of adaptive space systems for reconfigurable and real-time

applications in space missions have necessitated the corresponding design, development and validation of the
critical mission resources. Power and/or energy generation for spacecraft in orbits is based on the subsystem
requirements. For highly adaptive small spacecraft (HASS)!~ and the conventional small satellites, the electrical
power is at a premium.*'? Due to the size (volume), weight, shape and power limitations imposed on small
satellites, it is vital for spacecraft system engineers to understand and appropriate the relevant power budget model
that would guarantee a mission’s success cost-effectively.

Adaptive Small satellite missions operating in the low Earth orbit (LEO) have been the bane of current global
interest and hence, the existing system engineering margins are insufficient to objectively address the missions’
options. CubeSats in the 1U (one unit; 10 cm x 10 cm x 10 cm; 1 kg), 2U (two unit; 10 cm x 10 cm x 20 cm; 2 kg)
and 3U (three unit; 10 cm x 10 cm x 10 cm; 3 kg) categories have attracted unprecedented research interests
amongst the academia, spin-off companies, space research organisations and nations with partially-funded space
programmes.®7 Appropriate SE procedures that validate the mission capabilities with recourse to post-mission
reuse are required. Current missions have heavily depended upon commercial-of-the-shelf (COTS) subsubsystems
and subsystems for their prototyping, development construction. The low-cost benefits of using these devices are
often outweighed by the inherent reliability concerns and failures of the components in space. The space
environment presents a unique challenge to mission’s success in that it is radiation-prone and this impacts onboard
electronics and consequently the power generation, operation and design lifetime of the spacecraft.

Achieving a maximum operational and processing time by the payload module onboard a satellite is one of the
critical design considerations spacecraft designers must validate prior to launch. Hence, the static and dynamic
power requirements of the passive, active and adaptive components and subsystems onboard a satellite must be
estimated. Furthermore, a knowledge of their respective operational times would enable a judicious development of
a balanced energy budget for the current and emergent missions.

Orbital patterns* % influence the power generation probability of solar panels and hence, the batteries’ stored
energy reserve. This usually translates into enabling the spacecraft to operate in different cost-effective and energy-
efficient multiple power modes with recourse to performance trade-offs during an orbital period.

Space-based payload data capturing and processing, mission data downlink and engineering data uplink
represent the major spacecraft’s in-orbit operation phases the spacecraft systems engineer must carefully and
objectively qualify and quantify.!*!*'5 For adaptive space subsystems and components, the static power
consumption is less than its dynamic counterpart. A payload module that utilises field programmable gates array
(FPGA) in its architecture experiences various power consumption regimes based on the prevailing power mode(s)
in the course of the spacecraft mission.”” This is also true for a command and data handling subsystem that
processes mission data using FPGA-based processors. For small satellites in LEO, accomplishing the mission
largely depends on the energy generation capacity and reserve margin possible during a single orbital period and/or
round-trip. The increase in the use of radiation-hardened FPGAs in space missions has been occasioned by its
circuit-emulating hardware functionalities and/or software implementation of reconfigurable custom hardware
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architectures in real-time. Moreover, onboard mission data processing and handling are performed to reduce the
subsystem and functional requirements of the communication subsystem. Transmitting unprocessed data to a ground
station usually demands more communication subsubsystem and subsystem resources which may not be feasible for
small satellites by virtue of their limited size, weight and power. The implementation of high-speed data processing
using adaptive device architectures would greatly enhance the data rate, bandwidth, availability and reliability of the
communication subsystem. For instance, current medium and large satellites utilise FPGAs for computationally-
intensive data processing spanning hyperspectral image, audio/sound and video processings. Traditional
microprocessors have been outperformed by FPGAs in implementing data processing algorithms. A Virtex-4 SX35
FPGA device has implemented a hyperspectral imaging data processing algorithm within 15x less than the time
required by a PowerPC 7455 microprocessor.®

In an actual satellite mission, at least two basic power modes® are feasible: a power-storing and an overpower
modes. The total satellite system’s power requirement is greater in the overpower mode (OM) than in the power-
storing mode (PSM). In the OM, the sunlit solar power generation/production for the spacecraft is less than the
spacecraft’s power consumption and vice versa in the PSM. Energy is stored on the onboard batteries during the
PSM and utilised to leverage the mission capabilities during the OM.

The integration of adaptive space subsubsystems and subsystems with other traditional active and passive
devices onboard spacecraft for various mission functionalities and/or capabilities has necessitated the re-
examination of existing SPSE design procedures. Consequently, an objective investigation of promising spacecraft
technologies and the development of a suitable SPSE validation tool that addresses dynamic mission requirements
with recourse to post-mission reapplication of space systems are inevitable.

This paper focuses on the design parameters that spacecraft systems engineers can utilise to qualify highly
adaptive space systems’ capacity, performance and operational time during the pre-launch, mission and post-mission
phases. Section II establishes a spacecraft power and energy balance budget for space missions. The multicriteria
optimisation of a spacecraft power system with recourse to the METSAT mission is presented in section III. The
results and pertinent discussions are stated in section IV. Section V concludes the paper.

II. Spacecraft Power and Energy Budgets

A. Spacecraft Power Estimating Relationships

The design of spacecraft power and energy budgets starts with the identification and qualification of the power
consumption requirements of the spacecraft modules of subsystems. The spacecraft power system engineering
(SPSE) establishes the power regimes of the various core bus and payload subsystems. Past spacecraft missions have
revealed an overwhelming dependency of the total space satellite power on the power consumption requirement of
the payload subsystem. Mathematically, the generic total in-orbit power, Pr, of a spacecraft is given by:!**

F=P,+P,(1+C)) (1

where P, is the payload power consumption (W) P, , the core bus power consumption (W) and C,, the power

contingency factor. The power margin, P, for the spacecraft mission is given by:!'*

margin

Py =C,P, @

margin

For a HASS system with dynamic functional and structural in-orbit operations, Eq. (1) is modified to reflect the
varying power requirements that characterise the prevailing respective power modes of the mission. The power
mode adjustment takes into account the differential power consumption, oP, occasioned by the dynamic operation
and in-orbit onboard processing of a HASS system. The corresponding power margin constraint on Eq. (1) is
P . <P <(P

margin margin ( margin

+8P).' The adaptive power margin function, P'margin, is determined respecting the

deterministic and dynamic capability-based mission applications. The total in-orbit power requirement of a HASS
system is accurately modelled by:!-

P=P,+P,(1+C,)+0P 3)
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While Eq. (1) defines the total power consumption of the spacecraft subsystems for a minimum payload
capability utilisation, Eq. (3) takes into account the maximum capacity and/or data capturing and processing
capability of the payload subsystem. Hence, in Eq. (3), the full capacity of the payload module for the designed and
emergent missions is envisaged. The differential power variable builds up the satellite power requirement from the
static (no-payload or only core bus subsystems utilisation) value to the dynamic (full-capacity payload subsystem)
operation level.

Table 1 gives a summary of the mass-based spacecraft power estimating relationships (PERs) for the various
categories of small satellites in LEO?. Table 2 shows the PERs of the meteorological spacecraft (METSAT) mission.
For a 9.2-kg HAN, Table 1 gives the total in-orbit electrical power requirement, Pr, as 24.2 W. This represents the
total sunlit solar power (Psp) production of a four-panel solar array. Hence, from Table 2, the minimum power
consumption of the payload subsystem for the mission is 12.3 W and the corresponding core bus module’s power
requirement is 11.9 W.

Table 1. Mass-based spacecraft power estimating relationships in LEO?

Satellite category, kg Power estimating relationship, W
Microsatellite (10 — 100) Pr=1.044M + 15.56
Nanosatellite (1 — 10) Pr=226M+3.44

Picosatellites (0.1 — 1) Pr=5M+0.7

Femtosatellites (0.01 — 0.1) Pr=103M+0.167

Table 2. Meteorology spacecraft power estimating relationships in LEQ?

Satellite category, kg Power estimating relationship, W
Microsatellite (10 — 100) Pr =0.522M +0.98Pp, + 7.78
Nanosatellite (1 — 10) Pr=1.13M +0.98Py + 1.72
Picosatellites (0.1 — 1) Pr=2.5M+0.98P, + 0.35

Femtosatellites (0.01 —0.1)  Pr=5.15M +0.98 Py + 0.0835

Fora C . of 0.25 and using the nanosatellite’s PER in Table 1, we derived the core bus power for a HAN in LEO
to be given by:

P, =1.808M —0.8P,, +2.752 4)

The corresponding power margin from Eq. (2) is given by:

P = 0.452M —0.2P,, +0.688 5)

B. Core Bus and Payload Power Consumptions Analysis

For the METSAT mission, four payload subsystems'” are considered; the payloads are paired (P1, P2) and (P3,
P4) and their corresponding features are shown in Tables 3 and 4 respectively. The Mitsubishi’s camera module’
features two charged couple chip devices (CCDs) and yields an output image size of 2304 pixel x 1728 pixel.

The total power consumptions for payloads P1, P2, P3 and P4 are 387.6 mW, 717.6 mW, 257.6 mW and 537.6
mW respectively. The spatial resolution of the camera technology; the higher the spatial resolution, the more the
power consumed/required during a mission operation. The size (volume) of the satellite represents a key design
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parameter for realising the area available for solar panels in the case of a spin-stabilised spacecraft system; for
deployable solar panels (in a three-axis stabilised case), the small satellite size mostly dictates the available space for
component mounting and integration. Given the common density of 1000 kg/m? for the CubeSats, approximately
2lem x 21 cm x 21 cm size is required for the case study 9.2-kg HAN; in an actual mission implementation, these
nonconservative size and weight of HAN would be less than the stated values due to the very high level
subsubsystems integration (VHLSI).!%!16-1°

Table 3. Payloads 1 and 2 subsystems requirements for the METSAT mission in LEO

Feature Payload 1 (P1) Payload 2 (P2)

Sensor technology OmniVision 2655 CMOS image camera  Mitsubichi’s CCD camera module
Sensor power Consumption, mW 250 580

FPGA device Spartan-3 XC3A400T Spartan-3 XC3A400T
FPGA power consumption, mW 137.6 137.6

Spatial resolution, pixel 2x 1024 x 1024 1152 x 864 x 2

Spectral resolution, bit 3x8 3x8

Table 4. Payloads 3 and 4 subsystems requirements for the METSAT mission in LEQ

Feature Payload 3 (P3) Payload 4 (P4)

Sensor technology Sanyo’s CCD camera module  Sharp’s LZ0P373F CCD camera module
Sensor power Consumption, mW 120 400

FPGA device Spartan-3 XC3A400T Spartan-3 XC3A400T

FPGA power consumption, mW 137.6 137.6

Spatial resolution, pixel 1 x 1024 x 1024 1632 x 1224

Spectral resolution, bit 3x8 3x8

Table 5. Power budget of payload modules for the METSAT mission in LEO

Design Parameter Payload module

Pl P2 P3 P4
Payload module power, W 14.010 14.340 13.880 14.160
Core bus power, W 8.180 7.910 8.280 8.060
Power margin, W 2.040 1.980 2.070 2.010

In this paper, four payload case studies are considered for the METSAT mission. Table 5 is determined based on
the maximum individual power consumptions of the subsubsystems (camera and FPGA devices) integrated onto
each payload module.

Tables 6 to 9 state the power and/or energy budget of the payloads under consideration. Table 6 reveals that the
power margin for each case study payload can be obtained from the range 1.98<Pnarin<2.04 W. A 1.2-W Superstar
GPS receiver’ subsubsystem can be integrated onto the HAN system’s ADC subsystem for an accurate tracking of at
least twelve satellites in its neighbourhood. This promises to enhance a cooperative data relay network thereby
virtually increasing the real-time operational times of the downlink and payload processing power modes. Satellites
with an accurate neighbour’s position can still transmit unfinished transmitted data via a constellation node that has
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its footprint coverage on the desired ground station. This would enable an energy budget refinement onboard the
satellite system to accommodate the critical data transmission needs outside the temporal window of the
communication-overpower (downlink) power mode.

Table 6. Power budget for the METSAT mission in LEO using Payload P1

Subsystem Power Mode’s Power Consumption (W)

Power-  Communication- Uplink- Payload

storing overpower overpower processing-

overpower

ADC 0 0 0 0
C&DH 2.500 2.500 2.500 2.500
Uplink 0.750 0.750 0.750 0.750
Downlink 4.580 16.500 16.300 8.300
Payload (camera+FPGAs) 0 5.066 5.066 14.010
Board 0.350 0.350 0.350 0.350
Thermal control 0 0 0 0
Propulsion 0 0 0 0
Mechanics 0 0 0 0
Total 8.180 25.166 24.966 25.910

Table 7. Power budget for the METSAT mission in LEO using payload P2

Subsystem Power Mode’s Power Consumption (W)

Power- Communication- Uplink- Paylogd

storing overpower overpower processing-

overpower
ADC 0 0 0 0
C&DH 2.500 2.500 2.500 2.500
Uplink 0.750 0.750 0.750 0.750
Downlink 4.310 16.500 16.300 8.300
Payload (camera+FPGAs) 0 5.396 5.396 14.340
Board 0.350 0.350 0.350 0.350
Thermal control 0 0 0 0
Propulsion 0 0 0 0
Mechanics 0 0 0 0
Total 7.910 25.496 25.296 26.240
6
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Table 8. Power budget for the METSAT mission in LEO using payload P3

Subsystem Power Mode’s Power Consumption (W)

Power-  Communication- Uplink- Payload

storing overpower overpower processing-

overpower

ADC 0 0 0 0
C&DH 2.500 2.500 2.500 2.500
Uplink 0.750 0.750 0.750 0.750
Downlink 4.682 16.500 16.300 8.300
Payload (camera+FPGAs) 0 4.936 4.936 13.880
Board 0.350 0.350 0.350 0.350
Thermal control 0 0 0 0
Propulsion 0 0 0 0
Mechanics 0 0 0 0
Total 8.282 24.286 24.836 25.780

Table 9. Power budget for the METSAT Mission in LEO using payload P4

Subsystem Power Mode’s Power Consumption (W)

Power-  Communication- Uplink- Payload

storing overpower overpower processing-

overpower

ADC 0 0 0 0
C&DH 2.500 2.500 2.500 2.500
Uplink 0.750 0.750 0.750 0.750
Downlink 4.460 16.500 16.300 8.300
Payload (camera+FPGAs) 0 5.216 5.216 14.160
Board 0.350 0.350 0.350 0.350
Thermal control 0 0 0 0
Propulsion 0 0 0 0
Mechanics 0 0 0 0
Total 8.060 25.316 25.116 26.060

C. Orbital Patterns and Operational Time of Spacecraft

Orbital patterns determine the amount of solar power that a satellite captures for the mission. Hence, mission
design must incorporate a holistic and objective analysis of the mission requirements vis-a-vis the orbit of
deployment. The LEO favours short-term and low-cost missions and most of the small satellite missions have
concentrated in the orbit altitude spanning 160 to 2000 km. The inclination and eccentricity of a satellite orbit define
the orbital patterns; the inclination defines the angular orbital sweep of a satellite around the Earth relative to the
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equator while the eccentricity states the orbit’s deviation from an Earth-referenced two-dimensional plane round-trip
circle. The orbital pattern parameters form the design variables used to assess the operational and illumination
margins and/or regimes of satellites in space. The inclination defines the spatial location of an orbiting satellite
relative to the Earth and its range is 0° (orbit heading for eastward flight) to 180° (orbit heading for westward flight).
On the other hand, the eccentricity partitions the orbits into closed (circular and elliptical orbits) and open
(hyperbolic and parabolic orbits); open-orbit satellites orbit the Earth once while closed-orbit satellites orbit the
Earth periodically along the same path. The METSAT mission reported in this paper will be assessed with recourse
to closed orbits.

Small satellites require a nearly constant illumination from the sun for their missions. Sun-synchronous (usually
circular and retrograde) orbits spanning 600 to 800 km at 98° inclination have been utilised for satellite missions’;
the satellites experience a nearly constant surface sunlight (illumination) and the daily satellite’s ascents and
descents over a particular Earth geographic location/latitude occurs at the same local mean time. A sun-synchronous
orbit satellite might ascend the Earth ten times a day each time passing over an Earth location at approximately the
same local mean solar time. The METSAT images the Earth’s landscape in the visible or infrared wavelengths and
therefore requires a constant sunlight for its payload’s primary mission function and satellite energy supply.

Satellites operating in orbits other than the sun-synchronous experience the Earth’s eclipse for a given amount of
time during their round-trip. This decreases the available solar energy for the satellite. Mathematically, the eclipse

time, 7,, of a satellite is given by:®

(6)

where,

R = the radius ratio = Req/Rsat

Rcq = mean equatorial radius of the Earth = 6378 km

R = geocentric radius of the satellite, km = Req+Hiat

Hsae = altitude of the satellite, km

B = Sun-orbit-plane angle, °

7,= orbital period of the satellite, s

u = gravitational constant of the Earth = 398,600.4418 km?/s>

The worst-case f occurs at 0° when the satellite experiences the maximum Earth’s eclipse and the best-case
occurs at £90° when the orbit never enters the Earth’s eclipse. The orbital period of the satellite is given by:6

T, =27m\|R), | 1 )

During the Earth’s eclipse, the satellite depends on the onboard storage batteries to maintain system
functionalities; the power generation of the solar panels is 0 W while the satellite is eclipsed. Hence, the total energy
reserve of the satellite is reduced per an orbital period due to the absence of the Sun’s illumination during the eclipse

period. The total energy produced by the spacecraft’s solar panels, £, during a round-trip is given by:

E =P, (r,-t) @)

o sp

where P, is the solar panel’s average sunlit power generation in a given orbit. This information can be obtained from

the datasheets provided by the solar panel manufacturers; a direct practical test of the panels (with recourse to the
prevailing space environmental conditions) can also be done. Table 1 provides a summary of the mass-based PER
for small satellites utilising a four-panel array in LEO.!> The PERs take into consideration the impact of space
radiation and other prevailing orbital dynamics that affect the sunlit power generation of solar panels onboard
spacecraft in a given orbit.

The sunlit power generation capacity of solar panels is used to develop the electrical energy production of
spacecraft in orbits. For a two-power mode system, the following power modes’ power consumptions are feasible:

1) Power-storing, Ps; and
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2) Payload processing-overpower, Py,
The total energy of the spacecraft during a single orbital period for a two-power mode system is given by:

E =E +E, ©)

where E; and E, are the energy consumptions in the power-storing and payload processing-overpower modes
respectively. The operational time of the payload processing-overpower mode, ,, is given by:

t,=1,—(t,+1,) (10)
where £ is the operational time of the power-storing mode.

From Egs. (8) and (9), we obtained the operational time of the payload processing-overpower mode for a two-
power mode system as:

p— E() _R(T() _te‘)
p Pp_])S

(11

Equation (11) can be extended to accommodate several power modes for multiple mission and post-mission
applications. For a N-power mode system, the following power consumptions are feasible:

1) Power-storing;

2) Communication (downlink and uplink)-overpower, Pq., with a corresponding time, #ay;

3) Uplink-overpower, P, with a corresponding time, #,;

4) Payload processing-overpower; and

5) Other overpower modes, P,, with a corresponding time, #,, wheren=1, 2, ...

The energy budget balance for the above in-orbit mission applications is obtained thus:

Ea:ES+Edu+Eu+Ep+E1+E2+...+EN (12)
The corresponding operational time of the payload processing-overpower mode is given by:

t,=T,—(t, +1t,+t, +1,+1,+1,+..+1y) (13)

Hence, we derived the in-orbit operational time of the payload processing-overpower mode, # o using Egs. (12)
and (13) as:
_E —-P(r,—(@t,+t,, +t,+t,+t,+...+1)))—(Bt, + Pt, +...+ Pyty)
.=
PP

t (14)

Equation (14) can be re-written thus:

N=2 N-=2
Eo +})s(zt1 +te _To)_(ZBti)
_ i=l i=l

t = ' : (15)
P
P,—-P

where P; and ¢ represent the ith power mode’s power consumption and operational time respectively; the
summations in Eq. (15) consider all the power modes except the power-storing and the payload processing-
overpower mode. In the case of calculating the operational time of a power mode other than the payload processing-
overpower mode’s, the latter is held constant and included in the summations while the considered power mode is
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excluded. The various power modes’ power consumptions and their corresponding operational times must be
estimated in order to obtain the #, for the spacecraft mission. Furthermore, the power consumptions of the power-
storing mode and the power mode whose operational time is being calculated must be estimated as well.

To maximise the operational time of a power mode, Eq. (15) is adjusted to reflect the maximised power mode.
Given the power consumption of the maximised power mode, Pmax, the corresponding maximised operational time,
fmax, 18 obtained from Eq. (15) as:

N-2 N-2
Eo +P\(Ztl +te _T())_(Zpiti)
— i=1 i=1

max P _p

max N

t

(16)

Equation (16) is very useful for the multiobjective optimisation of the mission design variables in an integrated
design environment. Hence, the operational time of any power mode can be modelled and optimised for a reliable,
cost-effective and optimal-performing mission.

III. Multicriteria Optimisation of a Spacecraft Power System

A. Parameter Space Investigation Method

Complex engineering systems such as space-borne equipment require optimised system architectures for their
reliability and mission accomplishment. The investigation for optimal solutions generically poses an enormous task
of objective locational and procedural searches. The accurate statement of the optimisation problem for the mission
and conceptual design objectives enables the feasible solution set and the optimal solutions to be obtained for the
space equipment. The parameter space investigation (PSI) method?® has been created and developed to enable the
construction of the feasible solution set for complex engineering systems such as space shuttle, unmanned vehicles,
aeroplane, automobiles, ships, control systems, communication network nodes, metallurgical systems, robots and
large-scale electrical energy generation systems. The PSI systematically investigates a multidimensional domain
space and generates multidimensional points with each point representing a design prototype for the system under
development. The PSI method is implemented in the multicriteria optimisation and vector identification (MOVI)
software. The integrated PSI-MOVI platform depends on the correct development of the mathematical model
governing the complex engineering system under investigation. An approximate model of any engineering system is
also supported by the PSI-MOVI application. The tools for constructing and analysing the feasible solution set of a
multicriteria optimisation problem are provided by the PSI method and the MOVI system.?°

The PSI method enables the identification, optimisation and analysis of constraints on design variables,
functional dependencies and multicriteria; these constitute the feasible solution set of the optimisation problem. The
method comprises three major stages: compilation of test tables, selection of criterion constraints and verification of
the solvability of the optimisation problem.?’

B. Multicriteria Design of Spacecraft Power System

In this paper, we applied the PSI method in the multicriteria design of the spacecraft power system engineering
for small satellites in LEO. The mathematical model of the electrical power requirement of the spacecraft modules
was developed based on past missions and emerging space systems technology. We placed an objective emphasis on
the spacecraft design variables that occasion dynamic, cost-effective and reliable operations with recourse to post-
mission applications. A METSAT mission in LEO was chosen as the candidate small satellite mission. We limited
the scale of the optimisation problem to three design variables: the payload power, Py, total spacecraft power, Pr
and mass contingencies, M. We developed four functional constraints and six criteria parameters respecting the
candidate METSAT mission. The functional and criteria constraints were set to minimise the total power
consumptions of the HAN and its payload. The in-orbit dry mass was also minimised in the optimisation problem.
The results of the multicriteria optimisation of the SPSE design are stated in section I'V.

IV. Results and Discussions

A. Orbital and Operational Times
Table 10 shows the orbital patterns® that we utilised to investigate the appropriateness of payloads P1 to P4 for
the METSAT mission with recourse to the in-orbit power budget and operational times. The orbit, inclination and
altitude were chosen according to reflect the typical prevailing operational orbital margins of small satellite missions
10
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in LEO.>7 The suitability of each orbit for the mission was also considered based on the average energy production
per orbital period and the desired data rates for the downlink communication. For the METSAT mission, we
evaluated the power and energy budget by setting the uplink and downlink operational times to 10 minutes
respectively. The communication-overpower mode utilizes 10 minutes for both the communication-downlink-
overpower and communication-uplink-overpower modes. Tables 11 to 14 show the operational times for the
payloads P1 to P4; the analyses were done using Tables 5 to 10 and Eq. (15). The operational times of the payload
processing-overpower mode, fp1 to #pps, for each candidate payload were obtained with recourse to the average
eclipse time per orbit and altitude of deployment (Table 10).

Table 10. Orbital patterns for the METSAT Mission in LEO

Orbit Hg, km  Brange,® 7, mins feavg, MiN
Equatorial 300 -23:23 90.5 36.2
Inclination 22.5 400 -43:45 92.6 35.2
Inclination 45 500 -61:65 94.6 32.7
Inclination 67.5 600 -88:85 96.7 26.1
Inclination 90 (polar) 300 36:60 90.5 323
Inclination 112.5 400 -88:88 92.6 29.7
Inclination 135 500 -67:63 94.6 32.6
Inclination 157.5 600 -46:46 96.7 343
Inclination 180 800 -23:23 100.9 34.4
Sun-synchronous (polar) 90 300 71:79 100.9 0
Sun-synchronous (nonpolar) 98 400 -75:82 92.6 0

Table 11. Operational times of the candidate payloads for the METSAT Mission in LEO

Orbit Hgy, km tpp1, Min fpp2, MIN fpp3, MIN fp4, MiN
Equatorial 300 30.02 28.49 30.79 29.63
Inclination 22.5 400 32.82 31.18 33.61 32.41
Inclination 45 500 36.88 35.09 37.70 36.44
Inclination 67.5 600 44.74 42.64 45.62 44.24
Inclination 90 (polar) 300 33.54 31.87 34.34 33.12
Inclination 112.5 400 37.79 35.95 38.61 37.33
Inclination 135 500 36.97 35.17 37.80 36.53
Inclination 157.5 600 37.33 35.52 38.16 36.89
Inclination 180 800 41.04 39.08 41.89 40.57
Sun-synchronous (polar) 90 300 72.12 68.96 73.18 71.41
Sun-synchronous (nonpolar) 98 400 64.62 61.75 65.63 63.97

Table 10 shows that the orbital period of as spacecraft is largely dependent upon the orbital pattern chosen for
the mission. Sun-synchronous orbits favour the small satellite missions for its near-constant sunlight and relatively
high round-trip duration for the 90 ° polar orbit; an orbital spacecraft experiences no eclipse. At an altitude of 800
km and inclination of 180 °, the HAN system would experience an average eclipse time of 34.4 minutes.

11
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Table 12. Excess energy storage for the METSAT Mission in LEO

Orbit Hg, km  Eep, Wh Eep2, Wh Eeps, Wh Eeps, Wh
Equatorial 300 1.73 2.35 1.42 1.88
Inclination 22.5 400 1.85 2.51 1.53 2.01
Inclination 45 500 2.02 2.75 1.69 2.20
Inclination 67.5 600 2.36 3.21 2.01 2.56
Inclination 90 (polar) 300 1.88 2.55 1.56 2.05
Inclination 112.5 400 2.06 2.80 1.73 2.24
Inclination 135 500 2.03 2.75 1.70 2.21
Inclination 157.5 600 2.04 2.77 1.71 2.22
Inclination 180 800 2.20 2.99 1.86 2.39
Sun-synchronous (polar) 90 300 3.54 4.81 3.11 3.83
Sun-synchronous (nonpolar) 98 400 3.22 4.38 2.81 3.48

While the sun-synchronous orbits remain the favoured for the METSAT mission, Table 11 reveals that at 800
km altitude and 180 ° inclination, an average of 40 minutes for the operational times of the candidate payloads under
investigation is obtained. This leaves the choice of the appropriate payload to be considered based on the desired
data quality and integrity and the expected system performance. In a typical spacecraft mission, more operational
time is required for the payload subsystem. Table 12 states the excess energy stored during the METSAT mission as
the spacecraft orbits around the Earth. As expected, the sun-synchronous orbits store the most energy for each
payload configuration. At 800 km altitude and 180 ° inclination, the HAN system stores an average of 2.4 Wh. Thus,
the energy budget balance reveals that a polymer Li-ion battery with a capacity of 3.99 Wh can store the round-trip
excess energy for an increased operational time for the payload processing-overpower mode. During the eclipse
time, the payload and an active thermal subsystem can be accommodated. Furthermore, the analysis indicates that a
low-cost three-axis momentum wheel with an accuracy of <0.01 ° can be integrated with a moderate difficulty; this
would utilise attitude sensors which can be conveniently supported by the HAN system.

The excess energy stored, E., on the batteries per orbital period and based on the operational times of the
individual payloads are summarised in Table 12. The minimum storable excess energy is 1.42 Wh and the
maximum, 4.81 for the considered candidate payloads. Including two polymer Li-ion batteries in the electrical
power subsystem of the HAN, each with a capacity of 3.89 Wh, would enable secondary payloads and more
operational times for a power mode of interest to be accomplished for the METSAT mission.

B. Data Transmission

Data transmission from a spacecraft to a ground station is inevitable for any given space mission. The
operational times of the communication-overpower mode and the data rate of the downlink greatly influence the
data delivery to a ground station. For a 9600 bps data rate and downlink time of 10 minutes, 720 kB of data can be
transmitted to a ground station. If this is increased to 19200 bps, 1440 kB of data can be downlinked. The challenge
lies in the spatial and spectral resolutions of the payload module onboard the spacecraft and the data quality
expected by the end-user. A payload with a sensor (camera) of 2-Mpixel spatial resolution and 3 x 8 bits spectral
resolution would generate a data size of approximately 6.3 MB. If the HAN system transmits at 9600 bps, only
about 11.4 % of the payload data would be transmitted within 10 minutes of its contact with a ground station. The
19200 bps data rate allows the HAN system to downlink 22.9 % of its payload data to a ground station within its
footprint. Increasing the data rate to 100 kbps enables the HAN system to downlink approximately 7.5 MB to a 4-m
diameter ground station antenna during its 10 minutes pass. This would completely transmit the data generated by
payloads P1, P3 and P4 and about 60 % of the data generated by payload P2. A second approach would be to
implement a JPEG (joint pictures expert group) compression algorithm on the onboard signal processing devices
such as FPGAs. This would allow the payload data to be transmitted to the ground station at the expense of some
information. The JPEG algorithm scales the data to be transmitted to fit the allowable maximum data size of the
downlink (data link) margin. For a 4-Mpixel image, the unprocessed data size is 12.58 MB. The corresponding
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compression ratio at 100 kbps downlink margin is 1: 1.68. This is well below the allowable maximum compression
ratio of 1:10.” Hence, the HAN system can still process its payload data within its payload’s operational time of 40
minutes and downlink a good quality data to a ground station within 10 minutes.

C. Multicriteria Optimisation of the HAN Power System Engineering

The results of the multicriteria optimisation of the HAN power system engineering is shown in Figures 1 to 5.
The design variables for the SPSE optimisation problem were the mass of HAN, the payload power consumption
and the power contingency. Figure 1 states the optimisation vectors of the HAN system’s SPSE design. The pareto
optimal solution concentrates around 9.2 kg for the METSAT mission implementation. It shows the histogram of the
feasible and pareto optimal solutions for the first design variable (mass of HAN) for the METSAT mission.

Figure 2 shows the optimisation design vectors that represent the histogram of the feasible and pareto solutions
set for the second design variable (payload power) for the METSAT mission. The pareto optimal solution for the
baseline power consumption of HAN’s payload module is indicated by the green dots. These power consumptions
are the minimum that can sustain the METSAT mission given the mission and conceptual design objectives. The
optimisation result yielded 12.36 W as the best (minimum) baseline payload module power consumption for the
mission. The corresponding core bus power consumption and power margin for the mission were obtained from the
multicriteria optimisation as 9.5 W and 2.37 W respectively.

Figures 3 and 4 indicate that the optimised payload power consumption for the METSAT mission is 12.36 W.
This forms the design point in the choice of the components of the payload module for the mission. The stated
power is based on the minimum acceptable data capturing, processing and transmission quality for the mission. In
Fig. 3, the total payload power consumption is compared with the HAN category that can satisfy the mission and
conceptual design objectives. Figure 4 reports the entire optimisation solutions set for the total HAN power
requirement and the corresponding payload power consumption. The histogram of the feasible and pareto optimal
solutions for the third design variable (contingency factor) are given in Fig. 5. The power margin versus contingency
factor graph is shown in Fig. 6. The pareto optimal solutions for the HAN system yielded a power margin of 2.37
W; this is approximately 10 % of the total spacecraft power and satisfies the stipulated mission’s conceptual design
requirement.* It is required for the mission to have enough power margin for emergent capabilities and operational
uncertainties; Figs. 5 and 6 were obtained for a minimised power margin design to enable the threshold power
margin for the mission to be determined. The performances of the design variables are further explained in the
optimisation criteria for the METSAT mission (Fig. 7). Six criteria were considered by the authors and the results
indicate the worst and best results realisable for the METSAT mission.
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10,657 11186 11515 11,644 12173 12502

Payload power, W

Figure 2. Optimisation vectors versus payload power for the METSAT mission

14
American Institute of Aeronautics and Astronautics




e

Ty

e

13—

1324

A S Temod peopdieg

1244------

ass of spacecra

kg

ft

M

2 Pareto optimal solutions

# Feasible solution:

4 |nfeazible solutions

[ @ Fixed Vectar

Figure 3. Optimised payload power versus mass of spacecraft for the METSAT mission

15
American Institute of Aeronautics and Astronautics



Total Spacecraft power, W

ra
n
r

ra
=

ra
[T%)
.

221

REPUR Y R
f.}:" ool d N
:.‘“:0’4"“ 0"“"“:” f"“’“.
At “‘ﬁ.ﬂ'&t i

*

127 1275 128

Payload power, W

| @ Infeasible solutions #  Feasible solutions = Pareto optimal solutions '

Figure 4. Optimisation solutions set of the total spacecraft and payload power consumptions

16
American Institute of Aeronautics and Astronautics



0.44
A
S
*
o

4
4

036 0.4

0.32
RN

Vo
%

# 00t
2N

*
. ‘0.9. R
&

r _‘?:

028
Figure 5. Optimisation vectors versus power contingency for the METSAT mission

*

»,
Ry

Ve,

»
)
..%.
d

4

.‘. *. - ;. R
R
oS
2
I.*
e J
»®
‘.’0
s&
A
%,
I“’
&+
&4
:w
@:
$
.

X

%
A 3
*

*

»
.
b4
&

43

E 4
™~

*'

A

’:‘

5
2 3
*.

%

2T
A
”’:‘
RN
&
L 2
28,
T
L
y
e
B
ALY
Sy
)
*
* *’
*

2
Y
t,;
LA
000‘
* 49
(X _
4
2l
-
* o
e
KEX
40 fod
384
ﬂ’
*o
%
%
3}
i 3

2Rl
02

» o9, v
; : X -¥ . 000 QQ.V .Iv& ™
NS RN LY S LRSI
RN
h ! * AYd YR N 4 +*

IR KL IARIR

St

*
o
e

*

'
T

o T s s e e )

| T S e e e i B = Ty )

[ar B e R N

Pareto optimal solutions ||

L)

Feasible solutions

Contingency factor

»
17
American Institute of Aeronautics and Astronautics

Infeasible solutions

S

0z
Figure 6. Optimisation solutions set of the power margin and contingency factor




c3
Wwiorst
12999

c2
Wwiorst
2871

cb
Wwiorst
5.096

ch
Wwiorst
1.950

cd
Wiorst
024

cl
W orst
25.48

Figure 7. Optimisation criteria for the METSAT mission’s design variables

18
American Institute of Aeronautics and Astronautics



V. Conclusion

A multicriteria optimisation of a highly adaptive nanosatellite system has been investigated and reported in this
paper. Four candidate payload modules, each containing a camera and an FPGA device, were chosen for a
meteorology mission. The multicriteria optimisation yielded a 9.2-kg HAN for the METSAT mission. We carried
out an analysis of the orbital patterns and the operational times of the 9.2-kg HAN. Furthermore, the authors
calculated the total energy production of the HAN system at an altitude of 800 km and inclination of 180 °© as 26.82
Wh. The operational time of 40 minutes for the payload processing-overpower model and downlink time of 10
minutes are well suited for the mission. The HAN system also received uplink engineering data for 10 minutes
during its orbital period. The reported power and energy balance budget for the METSAT mission using a highly
adaptive small satellite promises to enable spacecraft systems engineers objectively and reliably design, validate and
develop spacecraft mission assets with economies of scale.
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